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I. Introduction

HE theory of the phenomenon we call the sonic boom is
not a complex one; it is simply the consistent first-order
theory of the flowfield about an aircraft moving supersonically
through a stratified atmosphere. The region of the flowfield
which is of primary interest in this theory extends from several,
to several hundred, aircraft lengths. The main complication is
that our most elementary theory, which is a linearized one, does
not provide a consistent first-order deseription of the flowfield
far from the aircraft. Let’s recall what we mean by first
order. Any aircraft, as it moves through the air, produces dis-
turbances in physical variables whose ratio with their undis-
turbed values is proportional to the ratio of some measure of
the thickness of the aircraft to its length. For practical air-
craft this “slenderness ratio” is always small. A typical value
for SST aireraft is 1:20. When we speak of a first-order
theory, we mean one that computes departures from the
undisturbed flow which are the same size as, that is, the same
order as, the slenderness ratio of the aircraft. Second-order
quantitics are roughly the same size as the square of this ratio.
As was already mentioned, our simplest theory—the linear-
ized one—is a first-order theory that is not consistently cor-
rect to this order as we proceed farther and farther from the
aircraft. To construct a consistent first-order theory we need
to correct this linearized theory for cumulative second-order
effects that eventually make a first-order contribution.
The first part of this paper outlines the basic theory of
sonic booms for the case of steady flight in an atmosphere
without winds. If the reader accepts two or three results that

are not completely obvious, then with a little fluid mechanies,
trigonometry, and elementary caleulus, the theory can be
deduced rather simply. Unsteady flight, steady winds, and
atmospheric turbulence introduce effccts which, although
most of them can be accounted for, are beyond the scope of
this paper.

In developing this simple theory we concentrate on certain
general conclusions one may draw from it, so that in Sec. IV
we can examine briefly the feasibility of reducing the impact
of the sonic boom by aerodynamic means.

1I.

Soniec Boom Theory

Let’s begin our whirlwind tour of sonic boom theory. There
are two basic approaches to such a theory; the easiest route
to the results we desire draws upon both approaches. They
are illustrated in Fig. 1. In the aerodynamic approach we
assume the aircraft to be fixed in a steady supersonic stream;
in the acoustic approach, we consider the aireraft moving in
a medium at rest. The latter approach is the easiest to extend
to unsteady aircraft motions. In either approach the radial
and azimuthal coordinates » and 6 are convenient ones. The
acoustic time coordinate ¢ multiplied by the aircraft speed U
is analogous to the z coordinate of the aerodynamic approach.
The Mach angle and the Prandt-Glauert factor 8 are defined
in the figure. The ray tube shown emanating from the aircraft
in the acoustic approach is defined by the normals to the
acoustic wavefronts. The distance along the ray tube will
be denoted by s, whereas the phase variable £is measured from
the location of the pressure disturbance that is generated by
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Fig. 1 Aerodynamic and acoustic points of view.

the passage of the aircraft. Aside from a scale factor, the
pressure signature in the two approaches is the same.

There are three distinet regions in both approaches: 1) a
local region near the aireraft where the flow is fully three-
dimensional, 2) the mid-field region centered about Mach
waves in which the distance away {rom the Mach waves is
small compared to the distance away [rom the aircraft, and
3) the far-ficld region where the pressure signature of the air-
craft has acquired the shape that persists to infinity.

It is convenient to examine the mid-field region, which is
the region of primary interest to us, in three steps. First we
consider the linearized aerodynamic theory for the mid-field
region. Next we put ourselves in a coordinate system moving
with the wave down a ray tube and momentarily neglect ray
tube area changes and atmospheric effcets. In this coordinate
system we correct the linearized theory for cumulative second-
order effects. Finally, we use the concepts of geometrical
acoustics to adjust these results so that they account for ray
tube area changes and atmospheric stratification.

Figure 2 depicts the linearized theory of the mid-field region.
Consider the pressure field at z,r,8. The disturbance here can
only result from disturbances that originated in the fore Mach
cone of this point. Indeed, one can show thatif x — Br <,
then the local pressure disturbance is composed of two parts.
One is due to the cross-sectional area of the aireraft as cut by
the tangent to the fore Mach cone; the other is duc to the
component of the forece, on the perimeter of the cross-section,
which is perpendicular to the freestream and lies in the
# = const plane. That is,

p.' (@) = py'(xri0) 4 pu’(2r;0)

where py’ is the pressure disturbance generated by a slender
body of revolution whose cross-sectional arca distribution
Sy(x; 6) is the same as the area cut by the fore Mach cone
projected on to an x = const plane, and where pr’ is the
pressure field generated by a body of revolution with the
cros=-sectional area distribution

Su(x: 6) = 3/0“ e(#:6)dE/pU?

Here £ is the component of force perpendicular to the free-

Fig. 2 Fore Mach cone for linearized mid-field solution.
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stream that lies in the 8 = const plane. Note that asz — o

Si(x:0) — B(ift) cosd/pU?

?

Thus, we see that pressure disturbance for a complex three-
dimensional configuration can be reduced to the caleulation
of the pressure field due to an equivalent body of revolution
S(z;0) = Sy(x;6) + Sr(x;0), provided that = — Br «r.
That is,

p(xri6) 1 / Te o STEe)
ypM2 T (2821 J, (x — )87" — o) T

The function

B §"(z30)
) = 5 /(t_x)mdz

which was first introduced by Whitham,' is often a more con-
venient one than the pressure. This funetion, usually referred
to as the Whitham function, has the following useful and
casily verified properties:

Bhft
4 []2{%/’

as t— «

f F(6) dt = 0; F:0) ~
]

Throughout we will use ( )’ to indicate disturbance quanti-
ties and { ), to distinguish linearized disturbance values from
the corrected quasi-linear ones.  As mentioned previously,
this linearized theory fails [ar from the body. Indeed, it does
not provide shock waves across which physical quantities are
discontinuous, but only Mach surfaces across which the
derivatives of physical quantities are discontinuous. To
illustrate this failure and explain the appropriate remedy, let
us switch from the steady aerodynamic approach to the
acoustic point of view. As long as we are ouly interested in
second-order effects, we may assume the flow is isentropic.
Any shock waves that appear in our theory will only cause
third-order changes in the entropy. Also, for the moment let
us consider the flow to be one-dimensional and in a steady,
uniform medium. Then, if we consider small-amplitude waves
of only one family, that is a flow in which all the perturbations
travel in the same direction, one can show that the second-
order equation for the perturbation wveloeity is the inviseid
form of Burger’s equation. That is,

!

o <a + V—W Py >a” = —b—”— + (a + Fv’)

ot 0s

Here a is the sound speed in the undisturbed medium and v
the ratio of the specific heats. Now acoustics, or the lincarized
theory, replaces the exact convection term which consists of
the local sound speed plus the local convective velocity with a.
We need to examine the cffect of the next-order term I'v” that
results from a change in the sound speed (due to the pressure
disturbance) of [(y — 1)/21’, and from the convection v’. If
we change from the coordinate system st to a coordinate
system following the lincarized disturbance, £ = s — af,
7 = t/T", then the equation becomes

'/or + v'(0v'/QE)

=Dv'/Dr =0

V¢,0

Fig. 3 Quasi-linear evolution of v'(£,t).
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Thus, values of v” are preserved along particle paths in the
new coordinate system. As a consequence, if our initial dis-
turbance was v'(£,0), as shown in Fig. 3, then at a later time
it will have evolved to v'(£) as shown. It is clear that there
is a first-order distortion in wave shape for large times. Unfor-
tunately, this construction leads to a solution which is triple-
valued and untenable on physical grounds. Naturally, this
occurs because we have not included viscosity, which prevents
0v'/0& from ever becoming infinite.

Introducing viscosity to prevent the solution from becoming
triple-valued is, in the limit of vanishing viscosity, the same
as introdueing a shock wave that renders the solution discon-
tinuous but otherwise single-valued. There are numerous
equivalent methods of introducing shock waves. One way
that requires no previous information is to integrate the equa-
tion from £ = — o to £ = + «, and assume that as £ —
+ o, v/(§1) — 0. A better procedure uses the fact that a
weak shock wave bisects the characteristies that run into it.
For simplicity we adopt the first procedure, which gives

@,, ds = ii

7 — ” /av,, —
o al V= F/_w” or =0

or

/ v’ d& = const

This simple rule tells us to locate the shock waves in such
a way that we preserve the area under the v’ (£} curve, making
the solution discontinuous but otherwise single-valued. This
procedure allows us to calculate the decay of the pressure
pulse once a shock wave has formed. Consider the triangular
profile of amplitude »,” and wavelength A, shown in Fig. 4.
In our linear theory this profile would not change with time.
But our quasi-linear theory says that each point on this profile
will advance a distance proportional to its amplitude. The
advance of a point with amplitude »,” is

I s p,/(3) d3
o = I‘/lu}’ @) di = P[ LAOL
0 0 a

We see from the figure that to introduce a discontinuity, i.e.,
a shock wave, that renders the solution unique, we must have
v,'N = v/, We can also note from the figure that

v, /v = {a -+ N)/\
Thus, the amplitude of the discontinuity is given by
v = v,’(1 + a/A,)712

Note that the position of the shock wave is determined by
making the two shaded areas equal.

Now that we know how to correct our basic result for cumu-
lative sccond-order cffects by allowing the wave shape to
distort and by introducing shock waves, we need only provide
the rule by which we adjust these results for ray tube area
changes and atmospheric inhomogeneities. Todo this we need
the simple theory of geometrical acoustics. Figure 5 depicts
a side and a front view of a ray tube. Recall that the normals

Xo

Fig. 4 Diagram showing location of shock wave.
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Fig. 5 Ray tubes in geometrical acoustics.

to the acoustic wave fronts define the ray tube. Thus, in an
isothermal atmosphere the ray tube area is ~r; directly below
the aireraft it is ~z.

If we consider such a ray tube, then as long as the scale
of atmospheric inhomogeneities is large compared to the wave-
length of our signature, that is A/H <« 1, then one can show
that the reflection and diffraction of energy due to ray tube
area changes may be neglected. Consequently the energy
flux is constant along the ray tube; this flux is composed of
an internal energy flux and a pressure work term. Because
the internal energy flux is proportional to the pressure work
we can conclude that p,’v,’A = const along ray tubes, where
4 is the area of the ray tube. This result, combined with the
simple consequence of linearized theory, v’ = p,//pa, leads
to the condition that

224/ pa = p+"2A+/prax = const

along a ray tube. This theory is, of course, a linear one, and
we need to correct it for quasi-linear effects. Because

/o = v v, = (1 + a/\,)712

and

s p,'d§ s
R - e
s A st PO

we may conclude that the pressure behind the shock wave is

P, <paA* >1/2 |: T ( Ax )1/2 s d3 ]1/2

= (! o =l I P
P Pl Xo Pl o (patd)*?

Here ( )+ refers to reference conditions that are to be deter-
mined by the linear theory.*

In general, the quadrature in the preceding formula must
be carried out numerically. However, for an isothermal
atmosphere in which p = psexp (2 — 2z:)/II, the numerical
results are given by the error function. If we consider the
8 = 0 plane, then below the aircraft the pressure behind the
shock is

g 1/2 M <
LI (p—*’z) {1 T L
Dx % BN yp=

T R T Sl 1 v
l:elf<2H> erf (2}1)

When Il — «, we obtain the result that applied for all z
in a homogeneous atmosphere:

ps' 24 \112 M p*' iz
P _ 1 4 = 2 912
p*’ <Z> l: T B)\a YD ( Z*)

Thus, in a homogeneous atmosphere the asymptotic decay of
ps’ is p,/ ~ 7%, However, in an isothermal atmosphere,

* The reference pressure? pi’ is related to the Whitham F
function by ps’(,0) /psxasx? = MF(£:0)/(2844)V2
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Table 1 Typiecal local and the average atmospheric
scale heights

Altitude, it Hav; ft Hlocaly ft
20,000 32,000 29,500
40,000 29,000 22,000
60,000 25,000 21,000
80,000 23,000 21,000

if z/2H > 1, then below the aircraft

ps’ pz* 1/2 FLM p* 7|"H 172 |—1/2
= i 1 2z )12 ——
p*’ (ZMZ) [ + ﬁ)\o YPx* <Z ) 2

and we see that the asymptotic behavior is (p«/p)12 p,’ ~ 2712
This decreased decay rate results when the wavelength of the
signal has reached its asymptotic value. In a homogeneous
atmosphere the wavelength continues to grow as #'/4

III. General Consequences

The extension of this theory to give the full pressure signa-
ture, not just p,’, is simple indeed. We compute the advance
of each point relative to points with zero advance. Either
this advances the point so far that the solution becomes triple-
valued and the signature is truncated by a shock wave, or it
does not. In the latter case we must compute the distorted
signature shape. For a nonidealized atmosphere this must be
done numerically. However, this can be done without specify-
ing the signature shape. We simply need tabulated values of

/" ds
= [p(5)a*(®)A )"

along various ray paths, the simplest and most important
path being the one directly under the aircraft, and the ray
paths themselves.

In the stratosphere the atmosphere is essentially isothermal
and the density decay nearly exponential. Thus, the error
function result is quite satisfactory so long as it is used in the
stratosphere. See Table 1 for typical local and average
atmospherie scale heights.

Plotkin? has tabulated the various quantities needed to
calculate the signature shape for the International Civil
Aviation Organizations’ standard atmosphere. His results
indicate that the increase in ray tube area due to the tempera-
ture gradient in the troposphere compensates to a large degree
for the effects of increased density there.

By examining the preceding results for the advance in iso-
thermal and homogeneous atmospheres, we can see that the
signature shape that exists at z = (w/2)H in a homogeneous
atmosphere is the asymptotic shape that occurs below the
aircraft in an isothermal atmosphere. This, of course, is a
simple consequence of equating the asymptotic advance that
oceurs in an isothermal atmosphere with the advance that
oceurs in a homogeneous atmosphere. This important
fact was first pointed out by Hayes.? The advance that has
occurred at z = (m/2)H in an isothermal atmosphere is
97.49, the total ultimate advance; at z = 2H it is within
99.59, of its final value.

Although it is possible to conceive of aircraft with over-
pressure signatures that never evolve to the extent that shock
waves occur—and we shall examine this possibility further—
this is not the case for present supersonic aircraft. For the
typical SST, such as the Boeing 2707, the far-field overpres-
sure signature below the aircraft consists of a shock wave,
followed by an expansion that is linear with time after or
distance from the passage of the shock wave, to a pressure
that is about as far below the ambient pressure as the pres-
sure behind the initial shock wave was above it. This linear
decrease is terminated by a second shock wave, which brings
the pressure back to near its ambient value. The return to
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ambient pressure occurs in a weak isentropic compression
that is a consequence of the cylindrical nature of the wave
propagation involved. This far-field signature is aptly
described by the terminology “N-wave.”

One way of characterizing this signature is by the pressure
rise across the front (and, below the aircraft, the strongest)
shock wave; this is often called the overpressurc level. For
reasons that will be clear later, we shall use the terminology
“shock pressure rise.” If we take the results of our theory
and relate the reference conditions to the actual aircraft
parameters, then it is easy to show that as [/ — 0 the com-
ponents of the shock pressure rise, p,/, have the following
behavior:

ps /P, « BUVLR cos2/RAR (P, /P )12
p /Py = B2 cosfl/ MMM

Here 2, I, W, and V are the altitude, length, weight, and
volume of the aircraft. The reference pressure P, is the
ambient pressure at the flight altitude £ and P, is the ambient
pressure at the ground. There are two contributions, of
course, one due to volume, the other due to the lift or weight
of the aircraft. While the volume contribution decays more
rapidly with altitude, the lift contribution decays more
rapidly with azimuth angle. Neither contribution depends
strongly on the Mach number. The constant of proportion-
ality depends on the shape of the aircraft. For the volume
contribution this constant may be zero, as indeed it is for
the axisymmetric version of Busemann’s bi-plane. For the
lift contribution this constant has a minimum value under
the proviso that we do not change the Bernoulli constant of
the flow. It is easy to see that the higher the altitude the lower
the overpressure p,’, and the larger the relative significance
of the lift contribution.

The complete theory, including the effects of steady winds,
is the result of a large number of individual contributions.
Some of the more important ones are listed here along with the
year the contribution was made: Landau, 1945; Blokhintsev,
1946; Hayes, 19474475 1954; Friedrichs, 1948; Whitham,
1950, 1952, 1953, 1956; Lighthill, 1954; Keller, 1954; Buse-
mann, 1955; Lomax, 1956; and Guiraud, 1965.

IV. Reducing the Sonic Boom

We now employ the theory just outlined to discuss some
of the aerodynamic means by which we may be able to reduce
the “impact” of the sonic boom. A number of aerodynamic
schemes for reducing the impact of the sonic boom have been
proposed in the last few years. Some embody ideas that may
eventually prove useful to the designers of real aircraft; others
are untenable in that they do not satisfy the basic laws of
physics. We have picked two examples from among those
that fall in the first category. They are listed below along with
various parameters that are directly related to the magnitude
of the sonic boom.

Engine streamtube area reduction

Design aircraft with less annoying signatures

Increase: lift/drag ratio

Decrease: specific fuel consumption, structural weight

Increase: altitude capability, length
The ellipsis indicates that the first part of the list is illustrative
and incomplete. Two items on the list relate directly to the
over-all efficiency of the aircraft. Any improvement in the
efficiency of the aireraft results both in lower operating costs
and reduced sonic boom overpressures. We have ‘included
these last three items to indicate that we must not overlook
the possibility of straightforward improvements in the state
of the art in these areas bringing substantial sonic boom over-
pressure reductions.

As mentioned earlier, we cannot escape the boom due to
lift without modifying the Bernoulli constant of the flow.
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The equivalent slender body of revolution due to lift never
closes; it has a finite base area far downstream that is propor-
tional to the lift. ~Aircraft engines, however, modify the
Bernoulli constant of the flow that passes through them, and
it is not entirely unreasonable to think of aircraft in which a
reduction in engine streamtube area is used to compensate
for the growth of the equivalent body of revolution due to
lift. Hypothetically, it is possible to eliminate totally the

boom due to lift in this way. This was first pointed out by

Resler.1”

Naturally, the second law of thermodynamics requires that
infinitely far downstream the exit streamtube area be larger
than the entering one. This pluming of the engine exhaust,
which takes many aircraft lengths to oceur, gives rise to a
weak pressure disturbance at the ground. A portion of this
disturbance accounts for the support of the aircraft by the
pressure field there. Because the disturbance is spread out
over such a large longitudinal distance, it is reasonable to
assume that no significant steepening of the disturbance into
shock waves occurs. A detailed engine cycle analysis carried
out by Resler’® indicates how very difficult it is to make gains
by this route with nominal restrictions on engine size and
turbine inlet temperature. Total elimination of the exhaust
stream tube area in the present SST configurations would
reduce the boom due to lift by about 59;. However, should it
eventually prove practical to design aircraft with engines
whose streamtube capture area is a significant fraction of
BW/pU?, then reasonable gains may be expected by this
route.

We conclude with a discussion of the possibility of designing
aircraft with their overpressure signatures modified to reduce
human annoyance. Here we tread dangerous ground. Our
understanding of which features of the overpressure signature
are the most undesirable is far from complete. If shock waves
are absent from the signaturc and the compression rise times
are on the order of hundredths of a second, then there is little
acoustical energy present in the audible range. The most
annoying feature of the sonic boom, as experienced outdoors,
lies in the shock waves themselves. On the other hand the low
frequencics, which are inaudible outdoors, contain the
majority of the acoustical energy and cause structures to
vibrate and windows to rattle. As a consequence, even an
overpressure signature without shock waves may not be much
less annoying indoors than its fully steepened counterpart.
Let us leave these unanswered questions with the ad hoc
assumption that one of the most annoying features of the
sonic boom, at least as it is experienced outdoors, is due to the
presence of shock waves in the overpressure signatures. We
now turn to the technical and answerable question of whether
it is indeed possible to design practical aireraft with over-
pressure signatures that do not contain shock waves, and if
not, then for a given aircraft length and flight conditions,
what 1s the minimum achievable shock pressure rise.

Several years ago F. E. McLean of the NASA Langley
Research Center noted that it takes several hundred aircraft
lengths for the overpressure signature to reach its asymptotic

1500
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Fig. 6 McLean’s results for various finite rise-times;
M = 2.7, h = 61,000 ft.
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Fig. 7 Ratio of advance and aireraft length for an iso-
thermal atmosphere to their values in a homogeneous
atmosphere.

form.® This led him to examine the requirements on aircraft
length and weight for a fixed altitude and Mach number to
achicve finite rise-time overpressure signatures. The results
of his most recent study are shown in Fig. 6.2

At first glance, these results seems to be fairly pessimistic
ones. We see that to achieve a hundredth-of-a-second rise-
time, instead of the front and rear shock waves, requires
that a 600,000-Ib aircraft be nearly 1000 ft long. McLean
assumed that the only effect of the atmosphere was that it
altered the overpressure level, not the signature shape. But,
as Hayes has pointed out, the signature shape that exists
(w/2)I1 atmospheric scale heights from the aircraft in a
homogeneous atmosphere is the shape that is achieved asymp-
totically in an isothermal atmosphere. Thus, we can expect
further improvement in MecLean’s results as a result of
atmospheric effects.

Figure 7 depicts the ratio of the advance that would occur
in an isothermal atmosphere of scale height H, relative to that
which would occur in the same distance in a homogeneous
atmosphere. Note that, for a typical cruise altitude of 65,000
ft and a scale height appropriate to the stratosphere, the
exponentially increasing density has reduced the advance to
659, of the advance that would oceur in a uniform medium.
Unfortunately, as a simple calculation will show, the aireraft
length required is proportional to the £ power of the advance,
and for these conditions would be 849, of the length computed
by McLean. The aircraft length ratio, /I, = (a/a;)?® is
also shown in Fig. 7.

An important unanswered question is how much advantage
can one take of the isentropic tail pressure wave of the signa-
ture to help eliminate the rear shock wave and reduce the
aircraft length requirement. Figure 8 shows the pressure
signature, in terms of the Whitham function, of an aircraft
that has been designed to take some advantage of this tail
wave. Here we have matched the asymptotic behavior of the
pressure for large x to a linear pressure decrease following the
pressure peak. In terms of the Whitham function we have
taken the tail wave to be

F(x0) ~ —BW/4myp.M*(z — §)37

F (X;0)

TAIL WAVE

ORIGINAL SHAPE
————————— ASYMPTOTIC SHAPE

Fig. 8 Finite rise time pressure signature.
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F (X;0)

~ L
<

ORIGINAL SHAPE
———————— ASYMPTOTIC SHAPE

Fig. 9 Minimum shock pressure rise signature.

where § is an undetermined constant. If we match the pres-
sure at = [ to the tail wave pressure, demand that the
pressure gradients be sufficiently small so that no rear shock
oceurs, require that

/m F(t:6) di = 0
Q0

and invert an earlier result to find

w !
By [ rena - pea
VP 0
then we obtain four algebraic equations relating the unknowns
[, \, 8, and W. The solution of these equations gives

1 = 3.26[(38W /8wP.) (et/cxs) kh1 22

Here o, is the advance that would occur in a homogeneous
atmosphere and k£ = (DM2/yB)(2/8)¥2. 1If A\* is the length
required to eliminate the front shock wave alone for the same
weight W, then for the pressure signature considered here
I must be 1.43\* in order to climinate both shock waves.

Had we considered a pressure signature that was anti-
symmetrical about z = A* we would find

1= {2/[4(2)2 — 5PBIN* =~ 2.36)\*
where
N = {15(BW/P.) (o) o) kh1i2} 265

Thus, we see that the use of the natural tail wave can be
quite helpful in eliminating the rear shock wave. Undoubt-
edly this particular calculation is overly optimistic. To carry
out the calculation properly we must use the actual behavior
of the tail wave, rather than its asymptotic behavior. These
details remain to be worked out. Extensive numerical studies
carried out by McLean indicate that [ = 2\ is not unreason-
able, and the factor 2 has been used in determining the lengths
shown in Fig. 6.

The point to be made here is that even with the Bernoulli
constant of the flow fixed, the question of minimum sonic
boom shock pressure rise is a closed one. For any given air-
craft weight, flight Mach number and altitude, if the aireraft
is sufficiently long, then shock waves may be avoided alto-
gether. This is a consequence of two phenomena: 1) the slow
evolution of the signature toward its asymptotic shape in a
homogeneous atmosphere and 2) the “freezing” of the signa-
ture shape that occurs because of the nearly exponential
increase in atmospheric density with distance below the air-
craft. While the lengths required for total elimination of the
shock waves in the aireraft signature are beyond our present
structural capability, this possibility may eventually be
realized as improvements in specific fuel consumption, lift to

drag ratio and structural weight accrue.
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If we assume that we must accept shock waves in our signa-
ture, then following the arguments of Jones?! it is clear that
the signature that will minimize the front shock pressure rise
is that indicated in Fig. 9. Here we allow a large pressure
peak (essentially a 8 function) followed by the linear increase
of our finite-rise time signature: to maximize the lift for a.
given shock pressure rise, the pressure must be as large as
possible without adding any further contribution to the shock
pressure rise. As a consequence, for a given weight and length
aircraft and given flight conditions, there is minimum shock
pressure rise.

We are interested in the limit ¢ — 0 as this leads to the
minimum possible shock pressure rise; however, it also leads
locally to infinite pressures. Still, we expect the limit e — 0
to give shock pressure rises that, although they can never be
achicved, can actually be approached in practice.

It is a simple matter to apply the results given in our
review of the theory to deduce that for an isothermal atmo-
sphere this minimum shock pressure rise is

psl _ 2 1 Oy
(P.P)'2 3k (28) «

T3k (28)12 o

Y 615 B1Wkahi® 12 }
h}[l + 5(16 Puaho” 1)} 1

The condition that p,/ = 0 recovers our previous result for
the length at which there is no front shock wave at all.

To generalize results such as this one for an isothermal
atmosphere to a real atmosphere, we simply need to multiply
the pressure rise by [(41/4)(Ta/Tyg)]'2, where Ai/A is the
ratio of the isothermal ray tube area to the real ray tube area,
evaluated at the ground, and Ta/Tyg is the ratio of the tem-
perature of flight altitude to the temperature at the ground.

The maximum pressure in this signature will be larger than
the shock pressure rise. If we ask what the minimum achiev-
able overpressure Is, then it is clear that the pressure must be
constant after the initial pulse and equal to the pressure
behind the shock. In this case the resultt is

e 2 1 anf - 9 BWkah2 ]2 ]l
(PuP)'® " 3k (28)' @ b 8 Paas)o? {

It we examine the preceding formulas in the limit /4 — 0
then we recover the far-field lower bound of Jones?! for lift
alone. We have not included the volume contribution for two
reasons. First, as Busemann pointed out, in principle it can

W= 600,000 LBS, M =27, h=60,000FT.
Atmospharic Scale Height = 20,000 FT.
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Fig. 10 Front shock pressure rise as a function of aircraft.
length for the conditions specified. The rear shock has
not been attenuated here.

t These results, which generalize the far-field lower bounds
given by Jones to the mid-field region, were derived by me (and
also by my colleague A. R. George) subsequent to my oral
presentation of this material.
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be eliminated and need not contribute to the pressure signa-
ture; second, for the aircraft and altitudes of interest for com-
mercial supersonic transport, the lift contribution is the
dominant one. Because the volume contribution has been
eliminated, the foregoing formulas represent the minimum
attainable shock pressure rise and overpressure.

As an example of the last two results, we consider a 600,000-
Ib aircraft flying at a Mach number of 2.7 at 60,000 ft. Figure
10 shows the minimum front shock wave pressure rise and
overpressure as a function of aircraft length for these condi-
tions. Also indicated on the figure is the far-field lower bound
of Jones. Substantial gains acerue because of midfield effects.
If the aircraft is 300 ft long, then the first result gives a front
shock pressure rise of 0.62 psf and the second an overpressure
of 1.04 psf. Unfortunately the rear-shock wave in both cases
would have a significantly larger pressure rise.

It seems that to complete the signature of Fig. 9 in such a
way as to minimize the front and rear shock pressure rises
simultaneously, we need to rotate the front lobe of the signa-
ture clockwise through 180°. Actually the body may be
truncated short of this full length. The residual tail wave
that exists naturally behind the signature would allow such
a truncation without increasing the rear shock pressure rise
above that of the front shock wave. Just how much advantage
we may take of this fact is not yet clear. For this reason we
have not made any attempt to take any advantage of it here.
As a consequence, the lengths obtained will not be true
optimums.

The proof that this is the optimum signature, ignoring tail
wave effects, is a straightforward but a lengthy one. We
simply give the results here, noting that true optimum shock
pressure rise, including the tail wave effects, must be between
these values and those given previously for the front shock
wave alone. For the full anti-symmetrical signature of length
l, we find?
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where ¢ =1 — 272 and 7 =1 — [5/4(2)!2]. Note that
as I/h — 0, these results again reduce to the far-field lower
bounds given by Jones. Below the aircraft, the rear shock
wave of the far-field signature is always weaker than the
front shock wave. Consequently, no additional length is
required.

Figure 11 depiets the maximum shock pressure rise (front
or rear) as a function of aireraft length for the conditions of

W= 600,000 LBS, M=27, h=60,000 FT
Atmospheric Scale Height~20,000FT
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Fig. 11 Shock pressure rise as a function of aircraft length
for the conditions specified. The rear shock is weaker
than the front for the lengths given here.
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Fig. 12 Shock pressure rise as a function of aireraft

length for typical domestic SST weights. Altitude =

60,000 ft; Mach number = 2.7; atmospheric scale height =
20,000 fr.

Fig. 10. Also indicated (by the dashed line) is the length for
a given front shock pressure rise, p,’. "The absolute optimum
for equal front and rear shock pressure rise must lie between
the two results. At this stage, we can only conjecture that it
lies nearer the upper curve and hope that we are wrong.

Figure 12 depicts these same results for two weights that
are more appropriate to a domestic SST. With the reduced
range requirement of domestic operation there is a consider-
able saving in aireraft weight. Note that a 300-ft, 300,000-1b
domestic 88T should be able to operate with overpressures
below 1.0 psf. Indeed, it seems likely that such levels are
achievable cven for a 450,000-1b aircraft of the same length.
Whether such configurations are practical remains to be
determined. Auntonio Ferri?* has studied practical configura-
tions that have pressure signatures that embody some of the
principles set forth here. His results are indeed promising
and indicate that such overpressure levels are not unrealistic
ones.

V. Conclusion

In conclusion, it seems that we can safely prognosticate a
continual evolution of SST designs with greatly improved
soni¢ boom characteristics.  While major gains may be
expected from improvements in the over-all efficiency of such
aircraft, as well as through novel design features such as the
ones just discussed, we do not foresee any revolutionary
concept that will totally eliminate the sonie boom. Recent
research efforts seem to be pointing the way to the design of
a domestic SST with cruise overpressures of less than 1 psf.
Should the shock pressure rise prove to be a morve critical
parameter than the maximum overpressure level, an even
lower value of this quantity seems likely. Whether or not
these evolutionary gains will be sufficient to make a domestic
SST an economically viable concept is as yet unknown. We
cannot hope to provide the answer until we know what
[eatures of the overpressure signature are the most annoying
ones, and what integrated overpressure loadings are likely to
prove to be sceeptable.
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Study of a Family of Supersonic Inlet Systems
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A theoretical and experimental program is reviewed showing the performance eapabilities of
a family of three large-scale axisymmetric inlet systems. The major objective of the program
was to investigate relatively short inlet systems eapable of high performance over the complete
Mach number range. The tradeofl of important performance parameters such as engine-face
pressure recovery and distortion for boundary-layer bleed was determined. The three inlets
were designed for Mach numbers 2.5, 3.0, and 3.5. Vortex generators were used just down-
stream of the throats to control the flow distortion at the engine face. The Mach number 2.5
and 3.5 designs had engine airflow bypass systems. The results have shown that high per-
formance was more difficult to achieve as the design Mach number increased, because the
boundary layer occupied an increasing percentage of the flow in the throat. Also, the bypass
systems have not presented serious performance problems.

Nomenclature
D = capture diameter
h = throat height
M = Mach number
m = mass flow
pr = Pitot pressure
p: = total pressure

Presented as Paper 68-580 at the ATAA 4th Propulsion Joint
Specialist Conference, Cleveland, Ohio, June 10-14, 1968;
submitted June 10, 1968; revision received October 31, 1968.

* Research Scientists.

Dt = area-weighted average total pressure
s = vortex generator height
@ = angle of attack

8 = boundary-layer height
Subscripts

BL = bleed

BP = bypass

DES = design

max = maximum

min = minimum

u = unstart

2 = engine face

o = freestream



